VOL. 18, NO. 10, OCTOBER 1981

ATAA 80-1620R

J. AIRCRAFT 849

Validation of a Wing Leading-Edge Stall Prediction Technique

Jerry Pavelka* and Kenneth E. Tatumt
McDonnell Aircraft Company, McDonnell Douglas Corporation, St. Louis, Mo.

The objective of this research was to design a model wing using previously developed two-dimensional compu-
tation techniques for prediction of airfoil leading-edge laminar separation. The wing was designed employing
various criteria with the primary objective being to maximize the wing-lift coefficient at which drag rise is caused
by leading-edge separation. The model wing was fabricated for test in the McDonnell Douglas Corporation
Polysonic Wind Tunnel. The test results compared well with the predicted values and demonstrated substantial
improvement in leading-edge separation lift coefficient over a previously tested wing designed without benefit of

the laminar separation computation technique.

Nomenclature
b  =wingspan
c =airfoil section chord
C, =total wing drag coefficient
Cp, =induced drag coefficient
C, =airfoil section lift coefficient
C, =total wing lift coefficient
C, ~=airfoil section drag break lift coefficient
CLB = wing drag break lift coefficient
Cp =pressure coefficient
M, =freestream Mach number
N =induced drag proportionality constant
Q =dynamic pressure, lb/ft?
RN =Reynolds number
R, =Reynolds number based on boundary-layer
momentum thickness at separation
=maximum airfoil section thickness
=chord distance from airfoil section leading edge
= spanwise distance from aircraft centerline
=maximum airfoil section camber
= wing angle of attack
=sideslip angle
= fuselage alone configuration
= airfoil section leading-edge radius
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Introduction

HE desire for high maneuvering capability in advanced

. high-performance aircraft has encouraged research in
high angle of attack aerodynamics. This interest arises not
only from a need to increase maximum lift, but also from
requirements to reduce drag at high lift coefficients. As a
result, research on leading-edge separation and methods of
increasing wing drag divergence lift coefficient finds a ready
application.

Considerable progress has been made on a method to
predict airfoil laminar leading-edge separation through stud-
ies of the laminar separation short bubble burst. A schematic
representation of the mechanism of bubble formation and
burst is shown in Fig. 1. As the airfoil progresses through in-
creasing angles of attack, laminar separation occurs when the
adverse pressure gradient in the near vicinity of the airfoil
leading edge becomes high enough to detach the laminar
boundary layer.
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If the Reynolds number is high enough, transition to turbu-
lent flow will occur in the separated shear layer, and the rapid
turbulence growth will effect a reattachment of the flow. A
short separation bubble is created as shown in Fig. 1a. Since
the bubble is a fraction of 1% of chord in length, the effect of
the short bubble on the overall lift and drag is negligible. As
the angle of attack increases, the separation point moves
forward on the airfoil, the bubble becomes shorter, and the
growth of turbulence is not sufficiently fast to permit the flow
to reattach. The bubble bursts and the flow either reattaches
further downstream creating a long bubble or leaves the
airfoil completely (Fig. 1b). If the Reynolds number is low
enough, the stability of the laminar boundary layer retards the
growth of turbulence after laminar separation occurs. The
turbulent growth of the shear layer is too slow to permit
reattachment (Fig. lc¢), and, in this event, short bubble
existence is precluded.

When the short bubble bursts and the separated flow region
on the airfoil becomes extensive, the pressure peak collapses,
the drag increases, and the lift departs from its normal linear
progression with angle of attack.

Herring and Ely 2 have developed a procedure for predic-
tion of the occurrence and burst of the laminar short bubble.
The procedure includes a correlation with wind tunnel tests of
various airfoils, including a test validation of the applicability
to swept leading edges. This correlation identifying bubble-
burst and hence leading-edge stall conditions is shown in Fig.
2, which was obtained from Ref. 2. The graph identifies the
boundary between the existence of the short bubble and
bubble burst in terms of geometry and flow properties at the
laminar separation point on the airfoil. These flow properties
are all analytically defined from airfoil geometry using the
Ref. 2 techniques.

The purpose of the study described in this paper was to
apply the airfoil section leading-edge stall prediction tech-
nique to the design of a model wing and its test in order to val-
idate the applicability of the theory to three-dimensional (3-D)
geometries.

Discussion
Two-Dimensional Parametric Investigation

A two-dimensional parametric investigation of the bubble-
burst phenomenon was conducted in order to provide back-
ground data for the design of a full 3-D model scale wing.
Holding the chord Reynolds number constant at typical
model wing test values, the three prime parameters of the
study were: 1) airfoil thickness ratio; 2) leading-edge radius,
p; and 3) chordwise location of maximum camber. The gen-
eral effect of camber magnitude also evolved during the
course of the study. Two symmetric NACA airfoil basic thick-
ness families were selected and the bubble-burst lift coeffi-
cient, C,b , was computed for varying geometries. The
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Fig. 1 Schematic representation of leading-edge laminar separation
modes.

leading-edge radius variation was effected by independently
varying either maximum thickness ratio or its location within
an airfoil family. The uniform increase of thickness ratio
within an airfoil family consistently increased the bubble-
burst lift coefficient, C; . However, the independent
variations of thickness and radii showed that radius increase
is the predominant effect. In fact, the variation of C,, with p
collapses to a single linear curve for each camber distribution
regardless of basic thickness airfoil family (Fig. 3). Subse-
quent study proved that nonzero mean lines merely shift the
baseline zero-camber curve and do not affect the linearity or
slope.

Figure 3, consisting of typical data extracted from the para-
metric study, illustrates the effect of two mean-line camber
types on the baseline C,b vs p curve. The two curves represent
different chordwise maximum camber locations. Increasing
the camber magnitude does increase the C, ; however, in-
creases may also be obtained by shifting the location of maxi-
mum camber forward,

The significant results of the parametric study are that C,
is maximized by large leading-edge radius, forward location
of maximum camber, and increased magnitude of maximum
camber.

Since laminar separation and bubble bursting are viscous
phenomena, they are Reynolds number dependent. A lower
Reynolds number limit to short bubble occurrence, in terms
of the boundary layer momentum thickness Reynolds number
at separation, of R, =125 has been postulated by Owen and
Klamfer,? Gaster,* and Ely and Herring.? For a chord Rey-
nolds number of 5 million shown on Fig. 3, this R, value of
125 occurs at approximately p/c=0.0016 for all the airfoils
shown on the figure, and represents the value at which a large,
separated region with no short bubble reattachment will
occur.
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Scale Model Wing Design

The major purpose of the test program was to validate the
applicability of the two-dimensional airfoil leading-edge sep-
aration theory to three dimensions. It was also desired to ob-
serve to what extent application of the theory to the design of
a wing similar to one previously tested could improve on that
wing’s drag break lift coefficient. Since the previous wing de-
sign, W ,,, had been tested in the McDonnell Douglas Corpo-
ration Polysonic Wind Tunnel (PSWT) at Mach numbers be-
tween 0.6 and 0.95 and at Reynolds number of about 8-9 mil-
lion/ft, it was desired to design the new wing for test in the
same wind tunnel at these conditions. It was also decided to
retain the W, planform geometry and to employ the same
0.047 scale model fighter fuselage for wing installation. Fig-
ure 4 illustrates the wing planform geometry with its relation-
ship to the fuselage, which constitutes about 30% of the total
wing-body semispan.



OCTOBER 1981

Note: Dimensions in inches

Fig. 4 Wing W ,5; planform geometry,

The laminar short bubble wing, W,,, design criteria is as
follows:

1) Use planform of previous wing design (W ,,).

2) Maximize wing C, for initial section bubble burst.

3) Maximize leading-edge radius at fixed maximum ¢/c.

4) Select type of camber distribution to increase crest
sweep.

5) Subcritical flow at M, = 0.6 and high lift coefficient.

6) Maximum camber and twist adjusted for high drag di-
vergence Mach at low lift coefficient.

The prime requirement was to maximize the drag break lift
coefficient employing the prediction techniques of Refs. 1 and
2. Since the two-dimensional parametric study showed the
strong influence of increased radius on the short laminar
bubble burst lift coefficient, it was decided to use a modified
NACA 0006 airfoil section. The section modification involved
thickening it linearly aft of the maximum thickness to provide
a trailing-edge thickness for installation of static pressure taps
at the trailing edge. The forward location of the maximum
thickness of the NACA 000X family provides those airfoils
with a large leading-edge radius for a specified thickness.
Since it was felt unnecessary and unrealistic to design a new
airfoil with a larger leading-edge radius, this NACA 0006 sel-
ection was considered adequate. The two-dimensional para-
metric study also showed the favorable influence of forward
maximum camber location on bubble burst. The NACA 230
mean-line camber was chosen for the wing root section
because of its 15% chord location of the maximum camber. A
more forward location might be desirable, but would fall
outside of the applicability of the prediction technique. The
prime objective was to obtain the best possible drag break lift
coefficient at 0.6 Mach number and retention of the NACA
230 mean line throughout the wingspan would best attain this
objective. However, it was decided to compromise somewhat
to improve the low lift coefficient compressibility drag rise
Mach number. This was done by providing an additional
sweep of the wing crest line through selection of an aft-
cambered mean line for the wing tip. The one selected was the
NACA @¢=0.9 mean line which has a maximum camber
location a little over 50% of the chord.
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Fig. 5 Wings W5y and W, design geometry characteristics.

A McDonnell Aircraft Company computer code which em-
ploys a vortex lattice approach modified to include the effect
of wing thickness was used to design the wing. The computer
program permits the calculation of wing lift coefficient from
the input wing geometry and section maximum lift or section
bubble-burst limits. The program includes compressibility
corrections and a routine for computing the local Mach
number normal to the crest line for input lift coefficient and
Mach number. This feature was used to compute the drag
divergence Mach number. The wing geometry was further
defined by specification of the wing root and tip maximum
camber and the wing tip twist assuming a linear variation
from root to tip. An interpolation feature of the computer
code permits the definition of intermediate wingspan station
section geometries. With these computer code features, it was
possible to systematically vary wing root and tip maximum
camber and wing tip twist. The selected wing possessed the
highest lift coefficient for incipient leading-edge stall at some
span station for completely subcritical flow at a freestream
Mach number of 0.6. The selection was somewhat com-
promised to assure a reasonably high drag divergence Mach
number at low lift coefficients. The computed drag break lift
coefficient for this wing was 0.84 at M =0.6. The wing
geometry arrived at employing these procedures is shown in
Fig. 5 and is labeled W s;. Also shown for reference is the
basic W, wing previously tested. The significant departures
of the newly designed wing from that of the reference W,
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Fig. 6 4.7 % scale fighter model in the PSWT with wing W ;.
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Sym Test Run Mach R.N./ft Q Alpha Beta Description
o 409 261 05952 8.23E6 989.31 10.747 -0.00860 Low Mach,
High R.N.

~40 :

|
w
[
=
;
.

|
I
i
:

L
@

|

o

=]

]
— 3

Pressure Coefficient (CP)

79904

0.8

0 01 02 03 04 05 06 07 08 09 1.0
x/c

Specified Dimensions are Relative Chord Locations {x/c)

04 05 06 07 08 08 10

x/c
Fig. 7 Typical airfoil section of wing W5, showing pressure instru-
mentation locations, emphasizing leading-edge distributions.

are the increased leading-edge radius particularly at the wing
tip, the forward shift in the location of maximum thickness,
and the substantial increase in wing tip maximum camber.

Wind Tunnel Test

The W q; short bubble wing design was fabricated within
small tolerances to be tested on a 0.047 scale sting-mounted
high-performance fighter fuselage model including flow-
through inlets and twin vertical tails (no horizontal tail).
While standard grit was applied to the fuselage nose, inlet,
and tail surfaces to fix transition, the new wing was tested
clean to allow free transition as predicted by the laminar bub-
ble theory. The baseline wing, W4, was tested with standard
grit at 5% chord as in previous tests in an effort to verify the
existing data. All tests were conducted in the McDonnell
Douglas Corporation 4 x4 ft polysonic wind tunnel in St.
Louis, Missouri and are described in more detail in Refs. 5
and 6.

J. AIRCRAFT
1.0 T 1 T
‘T ‘ T
‘o
i o =]
l o ° o . k o
0.e < A S —
o °© a ¢
c
s}
O @ i
=}
5 06— ob—gT. - i S — A —
= O o
< o
2 o P
& o
z of i 4
8 04 <g | Mach No. Reynolds No./ft
= 2 © Wigz 060 8.6 x 10‘;
g oW 0.59 83x10
s 02 J%r e 148 ;
[on :
e \
_i |
0 . ;
o i
9% N N W
o] 0.02 0.04 0.06 0.08 0.10 0.12

Drag Coefficient Minus Induced Drag, CD —Nx CL2
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The force and moment runs were conducted at high tunnel
Reynolds numbers of 8-9 million/ft over a Mach range of 0.5
to 1.6. This study addresses only the subsonic results. The up-
per range of the tunnel Reynolds number capability was de-
sired to avoid the low Reynolds number long/short bubble
boundary. Three model configurations were tested for force
and moment characteristics: 1) fuselage alone, A; 2) A plus
wing W ,; and 3) A plus wing W ,;. Limited subsonic runs
were conducted on configurations 1 and 2 as retests to verify
existing data. Figure 6 shows configuration 3 mounted in the
wind tunnel. ;

For the pressure distribution portion of the test, the left-
wing panel of W g; was instrumented with 135 pressure ori-
fices at six span stations on both upper and lower wing sur-
faces. Figure 7 shows a typical section profile for W ; noting
the locations of the orifices. A typical pressure distribution
plot for the same section is also shown with the plot legend
noting the test conditions. Only configuration 3 was pressure
tested, and data were obtained at high tunnel Reynolds
number (8-9 million/ft) and 0.6 and 0.9 Mach number for
angles of attack between 0 and 20 deg (0 deg sideslip).

Flow visualization experiments were also conducted on
configuration 3 in an effort to observe the appearance and
growth of leading-edge separation regions. A mixture of titan-
ium oxide and silicone oil was painted in a uniform band
spanwise along the wing leading edge prior to testing. One an-
gle of attack setting was analyzed per flow visualization run
and photographs of resultant flow patterns were made after
tunnel shutdown. The runs were at high Reynolds number and
0.6 Mach number.

Data Analysis

The analysis of the force and moment data is directed to-
ward determination of the first substantial departure of the
data from the theoretical variation of inviscid attached flow
(drag break). The viscous effects of an attached boundary
layer cause some departure from theory, but usually of much
smaller magnitude than the substantial change caused by flow
separation. Examination of the lift data of wings W, and
W ,s; show extensive regions of linear behavior of lift coeffi-
cient with respect to angle of attack. Departures from
linearity occur very gradually and at lift coefficients of 0.7
and above for Mach =0.6. The pitching moment coefficient
vs angle of attack curves for the two wings are also very
similar with large regions of linearity. Thus, in neither the lift
nor the moment data are there any abrupt changes indicative
of sudden flow separation.

Examination of the drag coefficient variation does show a
difference in the behavior of the two wings. The standard
drag polars of the wings tend to merge at low lift coefficients
and diverge as lift increases.
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The induced drag of a wing is proportional to the square of
the lift for attached flow. The proportionality constant is
computed as a function of wing planform. The subtraction of
the theoretical induced drag from the total drag C,, yields the
additional profile drag. Normally, the additional profile drag
is near constant with lift coefficient for a given wing geom-
etry. However, when separation occurs, the wing profile drag
increases. Figure 8 shows the additional profile drag polars of
wings W, and W 5; at 0.6 Mach number. On these curves,
definite departures or breaks in the profile drag behavior are
evident. These drag breaks indicate the lift coefficient at
which extensive separation occurs, and the improvement of
W, over W, (0.47 to 0.75) in the drag break lift coeffi-
cient, C,, is obvious. The improvement is attributable to ap-
plication of the theory to the new wing to assure short bubble
formation and delay of burst to high lift coefficients. On the
other hand, W,,, has been theorized?’ to incur initial separa-
tion of the long bubble type. Short bubble separation appar-
ently never occurs on W 4.

While the theoretical design point of CLB =0.84 at Mach
=0.6 was not achieved, CLB =0.75 from experiment, the im-
provement through use of the new theory for leading-edge
laminar short bubble separation and burst was substantial.
Analysis of the force data over the entire subsonic Mach range
yields the boundary at which drag rise begins. Figure 9
compares this experimental boundary with the theoretical
boundaries for W ; computed from the subsonic bubble-
burst theory and transonic crest critical drag divergence
theory. Also shown is the experimental drag rise boundary for
W, with data from two tests of the wing. The significant
improvement of W,s; over W,,, for subsonic drag break is
obvious.

The reduction in the drag divergence Mach number at low
lift coefficients is due to the compromise in favor of leading-
edge separation characteristics. The large amount of leading-
edge camber in W,5; was needed to attain high lift coef-
ficients, but the resulting wing root forward camber appar-
ently caused lower surface flow separation at small angles of
attack.

To verify the conclusions derived from the force and mo-
ment data, the pressure coefficient distribution on the upper
wing surface of W5, was analyzed. Figure 10 shows isobar
plots of the W 5; upper surface for the wind tunnel data at 0.6
Mach for two angles of attack—one well below drag break
and one just above drag break. The relatively straight isobars
illustrate the quality of the flow conditions and the success of
the design procedure in achieving the spanwise uniformity of
flow. '

It was desired to obtain direct verification of the wing lift
coefficient at which leading-edge separation occurs from ex-
amination of the wing pressure distribution data. The model -
scale did not permit a sufficient fineness of pressure orifices
located in the vicinity of the wing leading edge to specifically
define the development and burst of the minute short laminar
separation bubble by observation of pressure distributions.
Some approximate verification is possible, however.
Examination of the drop in peak velocity or suction pressure
in the vicinity of the leading edge at various wingspan sta-
tions, as angle of attack is increased, provides information on
when the leading edge stalls at a specific span station. The fol-
lowing analysis of the pressure data discusses the spanwise
progression of the drop of leading-edge peak velocity and the
wing angle of attack and lift coefficients at which each span
station experiences the drop.

Figure 11 shows the variation of W,5; wing angle of attack
at which leading-edge stall occurs at various semispan stations
for a Mach number of 0.6. The wing angle varies between the
narrow limits of 9-11 deg for stall at the various span stations.
In order to correlate with wing lift coefficient drag break ob-
tained from the force test data, the data of Fig. 11 have been
recast in terms of wing lift coefficient rather than angle of at-
tack. Figure 12 shows the comparison of the test value of stall
spanwise location at various lift coefficients vs the theory for
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Fig. 12 Spanwise location of stall vs wing lift coefficient, M_, = 0.6.

Fig. 13 Flow visualization photograph of W,s; wing showing at-
tached flow prior to separation Mach 0.6, o =8.3 deg.

Fig. 14 Flow visualization photograph of W, wing showing long
bubble leading-edge separation region Mach 0.6, o =10.5 deg.
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the W,s; wing. Also shown are the test results for the basic
Wi wing. The improvement of the newly designed Wi,
wing is apparent. Also shown on Fig. 12 are the force test and
theoretical values of the wing lift coefficient at drag break for
wing W5, and the force test value for W . It can be seen
that the W s; test values of wing lift coefficient for stall ap-
proach the theoretical values at about the midpoint of the ex-
posed wing semispan. The earlier stall of the outboard wing
stations indicated by test results is probably the result of tip
effects not accounted for by the application of the theoretical
procedure. It is this earlier stall of the tip sections that account
for the slightly lower wing drag break lift coefficient of the
test data compared to the theory.

An additional qualitative substantiation of the leading-edge
separation analysis of the force, moment, and pressure data is
evident in the flow visualization results on W ;. Flow pat-
terns observed in these experiments at angles of attack less
than 9 deg (Fig. 13) show smooth streamlines proceeding aft
from the leading edge typical of completely attached flow or a
short separation bubble too small to be noticeable. Figure 14,
however, observed at a 10.5 deg angle of attack shows a dis-
tinct region near the leading edge where streamlines have dis-
appeared. This region appears to be a long separation bubble
occurring after the short laminar bubble burst followed by
reattachment and smooth attached streamlines proceeding
onto the trailing edge. The 10.5 deg angle of attack corres-
ponds closely to the angle at which leading-edge pressure loss
first covers the entire semispan, as shown by the pressure
analysis.

Conclusions

A scale model wing was designed for testing at subsonic and
transonic speeds in order to maximize the wing lift coefficient
for leading-edge stall at wind tunnel test Reynolds number.
The wind tunnel data obtained included force and moment
data, wing pressure distributions, and flow visualization pho-
tographs. All phases of the test results substantiated the ap-
plicability of the leading-edge stall prediction technique
toward design of a scale model wing. Test results agreed well
with the predictions. Comparison of the test results with a
wing of similar planform, but not designed with the benefit of
the new prediction technique, showed substantial drag break
lift coefficient improvements.
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